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EXPERIMENTAL INVESTIGATION OF A SWEPT-STRUT FUEL-INJECTOR
CONCEPT FOR SCRAMJET APPLICATION

Griffin Y. Anderson, Patricia G. Reagon,
Paul B. Gooderum, and W. Roger Russin
Langley Research Center

SUMMARY

Results are presented of an experiment to investigate the behavior at
Mach 4 flight conditions of the swept-strut fuel-injector concept employed in
the Langley integrated modular scramjet engine design. Autoignition of the
hydrogen fuel was not achieved at stagnation temperatures corresponding to a
flight Mach number of 4; however, once ignition was achieved, stable combustion
was maintained. Pressure disturbances upstream of the injector location, which
were caused by fuel injection and combustion, were generally not observed; this
indicates the absence of serious adverse combustor-inlet interactions. Mixing
performance and reaction performance determined from probe surveys and wall pres-
sure data indicate that high combustion efficiency should be obtained with the
combustor length provided in the scramjet engine design. No adverse interaction
between the perpendicular and parallel fuel-injection modes was observed.

INTRODUCTION

The NASA Langley Research Center 1s actively engaged in a program to evolve
new concepts for airframe integrated scramjet engines. Reference 1 presents a
discussion of general design considerations for integrated engines and describes
a particular modular scramjet concept which employs swept inlet compression sur-
faces to achieve good performance potential for a broad range of flight speed
with fixed geometry. The upper part of figure 1 shows an integrated engine vehi-
cle system and a photograph of a model of two adjacent modules of the scramjet
engine concept; the sidewall of the nearer module is removed to show the fuel-
injection struts, and the engine components - inlet, combustor, and nozzle - are
identified. Extensive aerodynamic tests of the-inlet concept for this modular
scramjet design have been conducted and provide detailed data on the inlet mass
capture, aerodynamic compression, and pressure recovery characteristics. (See
ref. 2.) These data substantiate the favorable performance potential of the
inlet concept and provide a basis for detailed design considerations for the
combustor.

The approach adopted for fuel-injector and combustor design is described in
references 1 and 3. The sketch in the lower part of figure 1 shows a cross
section through the fuel-injection struts in a plane parallel to the engine
cowl. As indicated by the arrows, fuel is introduced perpendicular to the inlet
air flow from orifices located downstream of small rearward facing steps at the
inlet throat and parallel to the flow from orifices on the trailing edges of the
struts. The purpose of the steps is to isolate the forward (compression) sur-



faces of the struts from the fuel injection and the combustion generated pres-
sure rise. At high flight speeds (Mach 7 and above) where thermal choking of
the combustor is not a problem, all fuel is injected from the perpendicular
injectors to achieve the most rapid possible mixing and combustion for best
performance. At lower speeds (Mach 5 to Mach 7) a combination of perpendicular
and parallel injection is used to stretch out the heat release over the entire
length of the combustor. This combination of perpendicular and parallel injec-
tion avoids thermal choking of the combustor and inlet unstart which would be
likely to occur at these speeds with all perpendicular injection. In this fixed
geometry design, tailoring heat release distribution alone is not sufficient to
avoid thermal choking at speeds below Mach 5. Either fuel flow for the combus-
tor must be reduced below stoichiometric (with an attendant reduction in engine
thrust) or some supersonic-subsonic-supersonic mode, in effect a "transonic"
mode, of combustion must be adopted. Although this latter solution is of partic-
ular interest to the engine designer, analytical means are not available for
describing such transonic mixing-reacting flows in a realistic manner; also,
ignition, stability, and performance characteristics are difficult to estimate,

a priori.

There exists another potential problem which is related to the particular
design approach for the module inlet. As a result of sweep, the inlet compres-
sion waves between the struts become detached at flight Mach numbers below about
5. The inlet flow at the throat becomes three dimensional, and flow conditions
vary with position along the strut shoulder from the underside of the vehicle to
the engine cowl. Of course, when waves in the throat region are detached, pres-
sure disturbances in the combustor may directly influence the inlet flow. For
example, if waves in the inlet throat region are detached, a combustion pressure
rise from perpendicular injection near the top of the module (adjacent to the
underside of the vehicle) would produce compressions that would lie ahead of the
strut shoulder (because detached waves propagate at an angle steeper than the
sweep angle) and affect the inlet flow field in the cowl region. Thus, the use
of sweep in the design of the inlet compression flow field provides the poten-
tial for adverse inlet-combustor interaction at low speeds where waves in the
inlet become detached. This potential interaction and the three-dimensional
nature of the inlet flow field, coupled with the need for high-thrust "tran-
sonic" combustion, make accurate experimental simulation of the fuel injection
region of the engine module an important objective in concept development.

The purpose of this paper is to describe results from an experiment
designed to investigate this swept-strut fuel-injection concept at Mach U4 flight
conditions by simulating a segment of the flow around the center strut. (See

fig. 1.)

In order to reduce the size and complexity of the hardware required for
a complete-inlet-combustor experiment, a direct-connect approach (i.e., com-
bustor entrance conditions created by a specially designed nozzle) was chosen
for the swept-strut fuel-injection experiment. The nonuniform flow at the inlet
throat in the engine (produced by detached swept compressions created by the
inlet geometry) is approximated by a two-dimensional flow which is essentially
uniform along the swept step and fuel-injection location. Three-dimensional
effects exist in the engine as a result of the vehicle boundary layer and
detached waves in the inlet compression process but are not simulated in this
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experiment; however, the potential for inlet-combustor interaction is provided
by selecting the step sweep angle and approach-flow Mach number such that the
component of Mach number perpendicular to the step is near the sonic velocity
attained in the engine. The principal questions addressed by the experiment
are:

1. Will autoignition occur at Mach U4 flight conditions and will stable
combustion be maintained?

2. Will pressure disturbances, due to fuel injection and combustion, arise
and propagate upstream of the step, thus indicating an adverse combustor-inlet
interaction?

3. What mixing and reaction performance will be achieved for stoichiometric
injection with a nominal fuel split of 30-percent perpendicular injection and
70-percent parallel injection? Also, does any adverse interaction occur between
perpendicular injection and parallel injection?

SYMBOLS

Ce friction coefficient

r local reaction parameter (degree to which chemical equilibrium is
achieved at a point in the flow)

F stream thrust

f ratio of burner fuel flow to oxidizer flow, Burner fuel flow
Air flow + Oxygen flow

H total enthalpy

h total flow width at step, 2.74 cm (see fig. 3)

I burner free oxygen parameter, OXygen flow (0-0823); for I = 1.0

Burner fuel flow
test gas has same oxygen content as air

K combustor integral factor (integral of combustor wall pressure force
divided by the product of difference between combustor exit area
and entrance area and the average of combustor entrance pressure
and exit pressure)

M Mach number
p pressure
Q duct heat
T temperature



W mass flow

X axial location measured from step

Z dimensionless survey probe location (see fig. 8)

Ne overall combustion efficiency (fraction of injected fuel reacted)

Nm overall mixing efficiency (fraction of injected fuel mixed so that it

can react)

¢ mass average equivalence ratio
Subscripts:

h burner

J injected fuel

t stagnation

APPARATUS AND PROCEDURE

The swept-strut fuel-injector model with one sidewall removed is shown in
perspective view in figure 2; dimensions and other details are shown in fig-
ure 3. The model consists of two vertical-plane sidewalls (which represent
bounding stream surfaces for the flow fueled by the center strut in the engine
design) and a contoured centerbody (symmetric about its vertical midplane like
the engine) which provide supersonic flow simulating combustor entrance condi-
tions and appropriate locations for fuel-injection ports. Identical choked
throats are produced by the contour on both sides of the model centerbody in a
plane perpendicular to the sidewalls and the entering flow direction. A super-
sonic nozzle contour follows each throat and is designed by the method of refer-
ence 4 to produce uniform flow parallel to the centerplane of the model. After
initial tests with a Mach 1.7 nozzle contour, the centerbody was reshaped to a
contour designed to produce Mach 1.3 flow. Values of Mach 1.7 and Mach 1.3 were
selected to provide attached and detached waves, respectively, along the perpen-
dicular fuel-injector location which is swept at 459 to the entering flow direc-
tion. Test gas is supplied to the model by a hydrogen-oxygen-air burner (see
ref. 5) at a nominal stagnation temperature of 1000 K and a stagnation pressure
of 0.8 MPa (these values simulate Mach U4 flight speed at an 18 000-m altitude).
Test-gas composition is approximately 0.2095 oxygen, 0.6870 nitrogen, and
0.1035 water vapor by volume with flow rates of 3.5 kg/sec for the Mach 1.7 noz-
zle contour and 4.2 kg/sec for the Mach 1.3 nozzle contour.

Steps are located in a plane perpendicular to the sidewalls but swept at
450 to the entering flow direction. Choked perpendicular injectors are located
downstream of the steps with four 0.2-cm-diameter holes on each side of the cen-
terbody equally spaced U4.25 cm apart across the duct height. Three supersonic
parallel injectors are located on the trailing edge of the centerbody at loca-
tions half way between the perpendicular injectors. The perpendicular and paral-
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lel injectors are supplied with hydrogen from separate manifolds which can be

controlled independently. An electric resistance heater is available to heat

the hydrogen supplied to the perpendicular injection manifold to a stagnation

temperature of about 450 K. The injector holes are sized so that, with equal

fuel temperature and pressure, approximately 30 percent of the total fuel goes
to the perpendicular injectors and 70 percent goes to the parallel injectors.

For the Mach 1.7 nozzle contour, a fuel stagnation pressure py of 2.6 MPa is
required for stoichiometric injection of ambient-temperature hydrogen; for the
Mach 1.3 nozzle contour, pg = 3.1 MPa 1is required. The corresponding ratio

of jet dynamic pressure to free-stream dynamic pressure for the perpendicular

injectors is approximately 3.0 for both nozzle contours.

The fuel-injector section is machined entirely from mild steel. Material
thickness is generally 4 cm, or more, to provide heat sink for cooling. Pres-
sure taps are located on the sidewall surfaces and along the bounding end planes
of the centerbody, as shown in figure 4. The fuel-injector section ends in a
plane perpendicular to the duct walls and joins a diverging combustor duct, as
indicated in figure 3. This water-cooled combustor duct is a section of the com-
bustor model described in reference 6. Pressure taps are located along the cen-
ter lines of the diverging walls of the duct. A nine-probe pitot-pressure and
gas-sample rake is located at the exit of the combustor duct. The probes span
the 17-cm dimension of the duct in a plane parallel to the centerbody plane of
symmetry and are equally spaced.

A typical test-run sequence is conducted in the following manner. Coolant
flows are initiated; and various supply pressures for air, hydrogen, and oxygen
to the test-gas burner and hydrogen fuel for the injectors are established at
preselected values. With air flowing, an ignition source (hydrogen-oxygen
torch) is established in the test-gas burner, and an automatic run-timer
sequence is initiated, thus bringing the test-gas burner to operating condi-
tions. Fuel flows to the perpendicular and parallel injectors start at preset
times after the test-gas burner is operating. The test-gas-burner firing is
generally set for 20 sec, with fuel supplied to the injectors for a duration of
approximately 15 sec. Pressures are measured by strain-gage pressure transduc-
ers; wall and coolant temperatures are measured by chromel-alumel and copper-
constantan thermocouples. Scanning valves are used to acquire wall-pressure
values from multiple locations with a single transducer. Data recording and
sequencing for the pressure scanning valves are handled by a computer-controlled
digital data acquisition system. Overall measurement accuracy is generally
within *3 percent. The probe rake is positioned to a preselected point in the
flow by an electromechanical actuator. The probe insertion and operation of sam-
ple valves are timed manually to collect gas samples during the fuel-injection
period. Details of the probe operation, sample collection, and gas-sample analy-
sis techniques are given in the appendix.

RESULTS AND DISCUSSION
Ignition and Flame Holding

Autoignition of the injected hydrogen fuel did not occur with a test-gas
stagnation temperature of 1000 K. Various perpendicular and parallel injection
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pressures and combinations were tried, but all failed to cause autoignition or

to establish stable combustion inside the model. These injection conditions
included (1) varying injector flow rates from 0.3 to 1.5 times the nominal

value, (2) providing an initial overpressure on injection to achieve a larger
disturbance than the steady injection level, and (3) exploring all combinations
and sequences of initiating the perpendicular and parallel injection flows. Some
burning was achieved in the boundary region of the free jet external to the
model, particularly for the higher fuel flows, but combustion near the fuel-
injection location did not occur.

Tests were then conducted with progressively higher stagnation temperature
until autoignition and stable combustion inside the model were achieved. 1In
these tests, either perpendicular injection, parallel injection, or injection in
combination with various flow rates was used. Apparently, once ignition at the
perpendicular injectors is achieved, fuel injected from the parallel injectors
ignites quite readily. Ignition at the perpendicular injection location appears
to be insensitive to fuel flow rate and fuel flow transients. Data on the mini-
mum test-gas stagnation temperature for autoignition of fuel injected from the
perpendicular injectors are given in table I. From this table, it is seen that
autoignition temperature did not change for burner stagnation pressure between
0.5 and 0.8 MPa for the Mach 1.7 nozzle contour. A slight reduction in autoig-
nition temperature occurred in changing from the Mach 1.7 nozzle contour to the
Mach 1.3 nozzle contour; heating the hydrogen supplied to the perpendicular
injector by a temperature increase of 135 K (from 300 K to 435 K) produced a
reduction of 170 K in the test-gas stagnation temperature required for
autoignition.

As a consequence of the preceding results, ignitors will be required for
the scramjet engine module at flight speeds below about Mach 5. However, once
stable combustion was achieved at the perpendicular injection location, it was
found that the test-gas stagnation temperature could be reduced to 1000 K (by
reducing hydrogen flow to the test-gas burner) and stable combustion would con-
tinue; that is, once ignition was achieved, the combination of model geometry
(step) and perpendicular-injection disturbance provided adequate flame holding
to maintain combustion at conditions simulating Mach 4 flight. For the present
experiments, a test-gas-burner operating procedure was established to provide an
initial stagnation temperature of about 1250 K for several seconds, followed by
a rapid (1 to 2 sec) reduction of temperature to 1000 K. Perpendicular and
parallel fuel-injection flows to the model were initiated immediately after igni-
tion of the test-gas burner while the stagnation temperature was high enough to
achieve autoignition and stable combustion of fuel injected to the model. Data
were acquired later in the test after the stagnation temperature had been stabi-
lized at 1000 K. This ignition procedure was used successfully to obtain all
the data presented in the remainder of this report.

Wall Pressure Contours
In order to obtain an insight into the meaning of the measured wall pres-
sure data in the injector region, isobar contour plots of the static pressures

within the fuel-injector section of the model were prepared with a sbline-under—
tension interpolation procedure and computer-plotting routine. (See ref. 7.)
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Since no significant difference was found between data at the same location on
opposite sidewalls of the duct, data from both sidewalls were used to prepare
the contour plots. Uniform pressure was assumed from top to bottom of the duct
at the end of the nozzle contour, and a linear variation was used between the
measured values of pressure at the top and the bottom of the injector-section
exit. Locations of measured pressure data from which the contours were inter-
polated are shown in figure 4. Isobar contour plots of wall static pressure
divided by burher stagnation pressure p/pt,h are shown in figure 5 for the
Mach 1.7 nozzle contour.

Figure 5(a) shows isobars for the Mach 1.7 nozzle contour with no fuel
injection. Local high and low values found by the interpolation procedure are
indicated in the plot by the letters "H" and "L," respectively. The nozzle exit
corresponds to the left-hand boundary of the plot where the pressure is taken as
0.225 times the burner stagnation pressure. The swept step, trailing edge, and
perpendicular fuel-injector locations are also indicated. Note that the isobars
in the region of the step appear relatively straight and are parallel to the
step. Some end effects near the top and bottom boundaries of the figure are
evident. In particular, a high pressure region is apparent on the top boundary
between the step and trailing edge, and a very low pressure region exists near
the bottom boundary on the trailing edge. A small region on the bottom boundary
ahead of the step shows a premature drop in pressure, probably because of the
boundary layer in the corner.

Figure 5(b) presents isobars with fuel injected only from the perpendicular
injectors located downstream of the step at an equivalence ratio of 0.43. Pres-
sure data from taps upstream of the step are not affected by perpendicular injec-
tion; as a result, the isobar pattern upstream of the step in figure 5(b) is
very similar to the pattern without injection in figure 5(a). Downstream of the
step, some differences are noted, particularly a slight increase in pressure
downstream of the two perpendicular injectors nearest to the lower boundary of
the plot. However, the most apparent feature is a lack of any striking change
due to perpendicular fuel injection by itself, and the existence of a prominent
end effect on the top boundary between the step and the trailing edge. 1In the
lower half of figure 5(b), isobars downstream of the step appear to lie mainly
parallel to the step, but near the top boundary of figure 5(b), the isobars
appear to close and indicate regions of high pressure.

Figure 5(c) shows isobars for stoichiometric fuel injection with 30 per-
cent of the fuel from the perpendicular injectors and 70 percent of the fuel from
the parallel injectors located on the trailing edge of the strut. High pressure
downstream of each perpendicular injector is more pronounced than in figure 5(b),
resulting in the appearance of local low pressure values between injectors. In
the lower half of figure 5(c¢), the pressure falls to these lows, rises rapidly
with isobars parallel to the step, and reaches a level which is relatively
uniform in the region downstream of the trailing edge. In the upper half
of the figure, this pressure rise is delayed and occurs with isobars roughly
perpendicular to the upper boundary between the step and the trailing edge.

Also, a region of very high pressure occurs near the top boundary between

the trailing edge and the exit of the model. It is interesting to note that
this difference in pressure pattern between the lower and upper boundaries found
with stoichiometric injection, although more pronounced, is qualitatively simi-
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lar to the difference between the lower and upper boundaries with perpendicular
injection only and with no injection. Again pressure data upstream of the step
are not affected by fuel injection and combustion so that the pressure patterns
ahead of the step in figures 5(a) to 5(c¢c) are very similar. Thus, the injection
and combustion generated pressure rise does not produce pressure disturbances
which propagate upstream of the sweep direction for the Mach 1.7 nozzle contour;
but there is evidence of significant end effects between the step and the trailing
edge of the centerbody, particularly along the upper boundary in figure 5.

Observation of the visible flame pattern at the exit of the swept-strut
injector section (with the combustor duct removed) led to speculation that less
intense combustion might be occurring in the flow near the upper boundary of fig-
ure 5. This speculation was reinforced by the heating pattern observed on the
injector centerbody when the model was disassembled after completion of the
Mach 1.7 tests prior to remachining the nozzle contour for the Mach 1.3 tests.

A photograph of this heating pattern is shown in figure 6 with the same orienta-
tion as in figure 5. The bright areas to the right of the step indicate por-
tions of the model that reached the highest temperature. In the lower half of
figure 6, the upstream edge of this heating pattern follows a line roughly paral-
lel to the step. In the upper half of figure 6, this heating pattern is farther
downstream from the step and lies nearly perpendicular to the top boundary.

This behavior is similar to the isobar contours downstream of the step in fig-
ure 5(c¢) where rapid pressure rise begins (e.g., the 0.2 isobar in fig. 5(e) to
the right of the perpendicular fuel injectors). The heating pattern in figure 6
suggests that the pressure patterns in figure 5(c¢) may be due to delayed igni-
tion near the top boundary.

Since the hydrogen fuel enters the model at the top boundary and is heated
as it flows toward injection ports near the bottom boundary, the difference in
ignition distance might be due to a difference in fuel temperature. A thermo-
couple located in the perpendicular fuel injection manifold near the bottom
boundary of figure 5 indicated a 450 K temperature near the end of runs with
stoichiometric injection. In order to investigate fuel-temperature effects on
ignition and wall pressure patterns, the Mach 1.3 nozzle contour was tested both
with ambient-temperature hydrogen and with 450 K heated hydrogen supplied to the
perpendicular injectors. Discussions of results with heated fuel are included
with the ambient-temperature results in the remainder of this report.

Figures 7(a) to 7(d) present isobar plots for the Mach 1.3 nozzle contour
with no fuel, perpendicular injection only, stoichiometric injection, and stoi-
chiometric injection with heated fuel at 450 K supplied to the perpendicular
injectors. Note that unlike the isobars in figure 5(a), the isobars near the
step in figure 7(a) lie at a smaller sweep angle to the initial flow direction
than does the step. Although the nozzle exit pressure is higher (0.42 times
burner supply pressure), the general features of the isobar plots in fig-
ures 7(a) to 7(ec) are similar to the Mach 1.7 plots in figure 5 for the same
level of fuel injection. In particular, the end effect near the top boundary
between the step and the trailing edge is quite prominent in figures 7(a) and
7(b). 1In figure 7(c), unlike figure 5(c), isobars near the trailing edge appear
parallel to the sweep direction, but a region of high pressure still occurs near
the top boundary between the step and the trailing edge. In figures T(b) and
7(e), regions of low pressure appear in line with the perpendicular injectors
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rather than in between, as in figure 5(e¢). Also, as expected for this lower
Mach number (1.3), a slight indication of pressure disturbance ahead of the
step is visible in figures 7(a) to T(ec). However, the dominant feature of the
isobar plots (i.e., a difference in behavior between the step and the trailing
edge of the centerbody on the top and bottom boundary) is unchanged. It is
interesting to note that the heating pattern visible on the injector centerbody
after completion of the Mach 1.3 tests with ambient-temperature fuel appeared
very similar to that shown in figure 6 for the Mach 1.7 tests.

.The isobar plot in figure 7(d), for 1.09 times stoichiometric injection
with the temperature of the fuel supplied to the perpendicular injectors
increased from 300 K to 450 K, shows considerably more disturbance in the flow
ahead of the step. Pressure from the assumed undisturbed nozzle exit value of
0.42 times the burner pressure rises to about 0.48 times the burner pressure at
the step location. Downstream of the step the pressure level is considerably
higher than at the same location in figure 7(c) with ambient-temperature fuel
supplied to the perpendicular injectors. Apparently, the fuel from the perpen-
dicular injectors reacts more rapidly when heated to 450 K. This increased
reaction produces a pressure rise and waves near the top surface which propagate
ahead of the step because of the low initial Mach number. Although this distur-
bance of the flow ahead of the step is not desirable in the engine, more rapid
reaction does tend to reduce the end effect evident on the top surface between
the step and the trailing edge in figure 5 and in figures 7(a) to 7(ec). Further
insight into these results is available from the exit-plane-survey results dis-
cussed in the next section.

Exit-Plane Surveys

Probe surveys at the exit plane of the combustor duct (x/h =~ 29) made to
determine the levels of mixing and combustion of the injected fuel achieved were
a major goal of this experiment. The exit-plane geometry and probe orientation
are shown in figure 8. The data obtained (loeal values of fuel mass fraction,
reaction efficiency, and pitot pressure for several probe-rake positions in the
exit plane) are analyzed by the techniques described in the appendix in order
to develop contour plots of the measured data and other computed flow varia-
bles across the exit of the combustor. Integrated values of the test-gas and
injected-fuel flow rates are calculated and are compared directly with the flows
supplied to the apparatus. In addition, parameters such as exit stream thrust
and mixing efficiency are calculated and are used as an overall performance
index for the fuel injector and combustor design. This section presents probe
survey results for stoichiometric injection with a nominal fuel split of
30-percent perpendicular injection and T70-percent parallel injection for the
Mach 1.7 nozzle contour and the Mach 1.3 nozzle contour and includes results for
the Mach 1.3 nozzle contour with heated fuel at U450 K supplied to the perpendic-
ular injectors.

Contour plots.- In figures 9, 10, and 11, contour plots for the combustor
duct exit plane represent the distributions of fuel, reaction, pitot pressure,
mass flux, Mach number, and stagnation temperature for the Mach 1.7 tests, the
Mach 1.3 tests, and the Mach 1.3 heated-fuel tests. Measured burner operating
conditions for the runs used in preparing the contour plots are given in



table II. 1In each plot the fuel-injection orifices are located as indicated in
figure 8.

The injected-fuel distribution in the exit plane of the combustor duct with
the Mach 1.7 nozzle contour is shown in figure 9(a). The curves indicate con-
tours of constant concentration. The value adjacent to each contour gives the
local equivalence ratio which each contour represents. Equivalence ratio is
defined as the local fuel mass fraction divided by the stoichiometric fuel mass
fraction. Values of equivalence ratio greater than 1.0 indicate rich areas with
excess fuel, and values less than 1.0 indicate lean areas with excess oxygen.
The nearly circular contours near the bottom of figure 9(a) indicate a fuel con-
centration peak corresponding roughly to the location of the lowest parallel
injector indicated in figure 8. Moving up from this peak, the contours show a
distinet change in character. No fuel peaks corresponding to the other two par-
allel injectors are observed, and the fuel contours change from circular curves
to roughly horizontal curves. Also, fuel concentration decreases sharply, and
approximately one-third of the duct-exit plane adjacent to the top boundary has
less than stoichiometric fuel concentration. Since the overall injected equiva-
lence ratio is stoichiometric, the lean top portion indicates uneven fuel (or
test-gas) distribution from top to bottom in figure 9(a). (This will be exam-
ined in more detail in a later section.) Note also that all four corners of the
duct exit appear quite lean. This result is probably due to dilution of the
samples taken near the corners by air entrained because of overexpansion of the

combustor duct-exit flow.

The distribution of reaction in the combustor duct-exit plane is shown in
figure 9(b). The local reaction parameter presented in figure 9(b) is the frac-
tion of the least available reactant consumed (fuel in regions with fuel concen-
tration less than stoichiometric and oxidizer in regions greater than stoichio-
metric) and represents the degree to which chemical equilibrium is achieved.
Generally speaking, the reaction parameter is quite high; only small regions of
the flow near the stoichiometric fuel-concentration contour (shown by the dashed
curve in fig. 9(b)) have a reaction parameter less than 0.98. Since the sample
acquisition sequence used in these tests probably did not quench reaction in the
gas entering the probe, incomplete reaction in the sample most likely results
from time variation in composition at the probe tip. Such fluctuations in com-
position give rise to alternately lean and rich combustion products entering the
probe at different times (often termed "unmixedness") in regions where the mean
concentration is near stoichiometric.

The pitot-pressure distribution in the exit plane is shown in figure 9(e).
Most of the flow has a pitot pressure in the range from 0.21 to 0.23 times the
burner supply pressure. A region of somewhat higher pitot pressure exists near
the top boundary of the flow. Figures 9(a) to 9(c) represent the independent
parameters measured across the combustor duct exit plane for the Mach 1.7 nozzle
contour. Other flow properties are calculated by the method described in the
appendix. Figures 9(d) to 9(f) show distributions of mass flux, Mach number,
and stagnation temperature which are useful in understanding the details of the
exit plane flow. The mass-flux distribution in figure 9(d) is relatively uni-
form in the bottom part of the exit plane, but high mass-flux areas are shown
near the top and in the corners of the exit plane. In figure 9(e), the Mach num-
ber is on the order of 1.5 over most of the exit plane, with a slab of somewhat
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higher Mach number next to the top boundary. In figure 9(f), stagnation temper-
ature is relatively uniform at about 2.5 times the burner stagnation temperature
in the portion of the flow at stoichiometric or greater equivalence ratio. (See
fig. 9(a).) A slightly cooler region within the nearly circular contour labeled
2.5 exists and corresponds to the fuel peak noted in figure 9(a). Temperature
decreases rapidly near the top boundary and in the corners of the exit plane.

For the Mach 1.3 nozzle contour, figures 10(a) to 10(f) show distributions
of fuel, reaction, pitot pressure, mass flux, Mach number, and stagnation temper-
ature. Generally speaking, each distribution is quite similar to the correspond-
ing distribution shown in figures 9(a) to 9(f) for the Mach 1.7 nozzle contour.
The outstanding feature in both figure 9 and figure 10 is the end-effect region
of lean, cold, and high mass flux near the top of the flow.

Figures 11(a) to 11(f) show property distribution for the Mach 1.3 nozzle
contour with stoichiometric injection and heated fuel at 450 K supplied to the
perpendicular injectors. In figure 11(a) the maximum fuel concentration is
smaller than the maximum in either figure 9(a) or figure 10(a). Note that only
three surveys were available for the heated-fuel condition, compared with six
for each ambient-fuel condition, so that symmetry about the midplane of the
injector centerbody was assumed in constructing figure 11. Also, the concentra-
tion contours generally lie parallel to the sidewalls of the exit plane; no dis-
tinct peak corresponding to a single parallel fuel injector is apparent in fig-
ure 11, unlike figures 9(a) and 10(a). Although it is much less prominent, a
fuel lean region still appears adjacent to the top boundary. Pitot pressure,
mass flux, Mach number, and stagnation temperature also show in figures 11(ec) to
11(f) a distinet flow region adjacent to the top boundary similar to the flow
region in figures 9 and 10. Although the size of this end-effect region is
smaller with heated fuel, the end effect is still the most prominent feature of
the exit plane flow.

Integrations.- Contour plots show qualitative features of the exit plane
flow but do not provide quantitative information in a form which can be easily
adapted for direct comparison between the different nozzle contours and fuel
temperatures. O0f course, flow properties are defined across the entire exit
plane, and appropriate integrations of various parameters can be made to allow
quantitative comparison. Since figures 9 to 11 show an apparent maldistribution
of fuel and test gas from top to bottom in the combustor exit plane, strip inte-
grations of fuel and test gas in both the horizontal and vertical directions
were calculated. The strips are oriented as shown in figure 8; and the results,
nondimensionalized by the amount of fuel (or test gas) that would be found in
each strip if the exit plane flow were uniform, are plotted in figure 12.

Figures 12(a) and 12(b) present the horizontal distributions of fuel and
test gas from integration of strips parallel to the midplane of the injector cen-
terbody. As expected from the contour plots, both fuel and test-gas distribu-~-
tions for the ambient-fuel-temperature tests are very nearly symmetric about
the midplane. In order to construct the contour plots shown in figure 11, the
heated-fuel test data were assumed symmetric. There is somewhat more fuel near
the midplane of the centerbody because the three parallel injectors that provide
70 percent of the fuel are located there. The test-gas distribution in fig-
ure 12(b) shows the inverse effect, and there is no large difference in the
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horizontal distribution of either fuel or test gas between the Mach 1.7 nozzle
contour and the Mach 1.3 nozzle contour. Figures 12(c) and 12(d) present the
vertical distributions of fuel and test gas for integration of strips perpendic-
ular to the midplane of the injector centerbody. Again, there is somewhat more
fuel near the center of the duct, but the top of the flow has somewhat less fuel
than average. Test-gas distribution in figure 12(d) is more striking; the top
20 percent of the exit plane contains up to 60 percent more test gas than aver-
age. Again no large difference between the Mach 1.7 nozzle contour and the

Mach 1.3 nozzle contour is apparent. The distributions with heated fuel at

450 K supplied to the perpendicular injectors show slightly more uniformity than
either result with ambient temperature fuel.

A good estimate of the test-gas flow distortion found in the exit plane of
the combustor duct with stoichiometric injection can be obtained from theoreti-
cal calculations of the flow in the injector section without fuel injection.
Calculations were made with a three-dimensional flow-field code developed by
Manuel D. Salas which uses numerical techniques similar to those applied to
develop the two-dimensional code described in reference 8. The discrete step
in the injector centerbody is approximated by a 6° change in wall slope at
the step location. Thus, the centerbody cross section is taken as a simple
swept wedge with 6°© half-angle for the calculation. Theoretical isobars for
the Mach 1.7 nozzle contour and the Mach 1.3 nozzle contour are shown in fig-
ures 13(a) and 13(b). Comparison with corresponding data presented in fig-
ures 5(a) and 7(a) shows good agreement. The flow behind the nozzle contour
expands across the step line and continues expanding toward the trailing edge of
the centerbody. Note that in figure 13(b) the swept expansion for the Mach 1.3
nozzle contour propagates ahead of the sweep line, as expected. For both Mach
numbers, sweep of the expansion causes the flow to turn away from the sweep
direction toward the top boundary of the flow. This turn generates compressions
which propagate back along the sweep direction and cause the end effect noted on
the top of the flow between the step and the trailing edge in figures 5(a) and
7(a). The net result is to increase the mass flux in the top portion of the

flow.

In figures 13(c) and 13(d), the measured test-gas flow distributions at the
combustor exit plane for the Mach 1.7 nozzle contour and the Mach 1.3 nozzle con-
tour with stoichiometric injection (taken from fig. 12(d)) are compared with the
calculated test-gas flow distributions without injection. The calculated distri-
butions were obtained for planes parallel to the duct exit plane at a location
near the intersection of the trailing edge of the centerbody and the top surface
of the duct, as indicated by the arrows in figures 13(a) and 13(b). This loca-
tion was chosen to correspond roughly to the location of the intense heating pat-
tern observed on the centerbody (see fig. 6) and should give a flow distribution
representative of that existing where ignition occurs in the flow with injec-
tion. The general trend and magnitude of the measured and calculated test-gas
flow distributions are quite similar. Apparently, the uniform test-gas flow pro-
duced by the nozzle contour which exists at the step is distorted by the swept
expansion process that occurs between the step and the ignition location. About
30 percent of the fuel is introduced through the perpendicular injectors at the
step with a uniform distribution like the test-gas flow there; the bulk of the
fuel is introduced through the parallel injectors which are evenly spaced along
the trailing edge of the centerbody where the test-gas flow has already been dis-
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torted by the swept-expansion process. Once created by the swept expansion,
this flow distortion persists even though intense mixing and reaction occur far-
ther downstream between the trailing edge of the centerbody and the exit plane
of the combustor duct.

Heating the fuel supplied to the perpendicular injectors from 300 K to
450 K to reduce differences in fuel temperature between the top and bottom of
the flow reduces the flow distortion but does not eliminate it. Elimination of
this flow distortion would require ignition and reaction of the fuel injected
along the step such that a nearly constant static pressure would be maintained
from the step to the trailing edge of the injector centerbody. In an actual
engine the distributions of both perpendicular and parallel fuel injection along
the strut may require tailoring to account for air flow distributions caused by
the three-dimensional inlet process, as well as distortions caused by end effects
due to pressure gradients that occur between the perpendicular and parallel fuel-
injector locations.

In addition to strip integrations which give distributions of fuel and test
gas in one direction across the exit plane of the combustor duct, overall inte-
gral values of fuel mass flow, test-gas mass flow, ete., were determined from
the survey data. The results of these integrations are presented in table III,
along with nominal bulk or measured test parameters for the Mach 1.7 nozzle con-
tour and the Mach 1.3 nozzle contour. Note that the total flow in the combus-
tor exit plane agrees with the measured flow input to the test-gas burner and
fuel injectors within 5 percent for the Mach 1.7 and the Mach 1.3 data with
ambient fuel temperature for which six surveys are available. Considering the
number of measurements and assumptions involved, this level of agreement is
acceptable. Also, the overall equivalence ratio determined from the integration
is within 9 percent of the nominal value used for the data; again, this level of
agreement is acceptable.

Comparison of survey results with one-dimensional analysis.- An estimate of
the integral flow properties at the combustor duct exit can be made with a sim-
plified one-dimensional analysis of the combustor flow. Starting with the flow
conditions at the step, the one-dimensional conservation equations for mass,
momentum, and energy are solved in a stepwise manner along the duct. The frac-
tion of injected fuel reacted in each increment is adjusted to match the mea-
sured wall pressure distribution, and an estimate of the fuel reaction distribu-
tion and flow properties with distance along the combustor is obtained. Details
of the analysis and assumptions are contained in references 9 and 10. The mea-
sured wall pressure distributions for the Mach 1.7 nozzle contour and the
Mach 1.3 nozzle contour are shown in figures 14(a) and 14(b). Distance is mea-
sured from the step location, and in the fuel-injector section the spread of
data represents the wall pressure variation observed in the sweep direction in
the contour plots presented in figures 5(c) and 7(c¢). The data fairing in fig-
ures 14(a) and 14(b) is used for the one-dimensional analysis. .

Values of the flow properties in the duct exit determined from the one-
dimensional analysis are given in table III for comparison with the survey
results, and the distribution of reaction with length obtained from the one-
dimensional analysis is shown in figure 15. The results are plotted as overall
combustion efficiency as a function of distance from the step nondimensionalized
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by the total flow width ahead of the step (this width is equivalent to the gap
between the center and side struts in the engine design). For both the Mach 1.7
nozzle contour and the Mach 1.3 nozzle contour the amount of fuel reacted rises
steadily with distance, thus following similar trends. The combustion effi-
ciency at the end of the duct determined from the one-dimensional analysis is

5 percent less than the integral value determined from the survey data in both
cases. This close agreement implies that the local reaction parameter deter-
mined from the gas sample data is representative of the reaction existing in the
flow, even though the sample acquisition process did not quench reaction. Thus,
local chemical equilibrium is a good approximation for flow at the exit of the
combustor duct at these test conditions, and the amount of reaction achieved is
principally limited by the extent of mixing. Completion of reaction depends on
completion of mixing before expanding the flow to lower static pressures and
temperatures which would quench chemical reaction.

In the present tests, mixing efficiency of about 75 percent was achieved
for both Mach numbers (see table III) in a length corresponding to 58 percent of
the combustor length provided in the scramjet module design (x/h = 48). Extrap-
olating these data by using the computed results presented in reference 3
implies that combustion efficiencies of 90 to 95 percent should be obtained in
the engine design. This estimate should be conservative since the end effect on
the top wall (underside of the vehicle), which results in an overall nonuniform
fuel-air distribution from top to bottom in this experiment, will affect a
smaller portion of the flow as a result of the greater aspect ratio of the
engine combustor entrance (22.5 for the engine versus 6.2 for the present
experiment). :

CONCLUDING REMARKS

The swept-injector model has proven to be a rapid and effective means for
investigating some of the potential fuel injection and combustion problems
which might be expected in tests of the complete Langley scramjet engine module
at Mach 4 flight speeds. The test results show that once ignition is achieved
at the perpendicular fuel-injection location, stable combustion can be main-
tained at stagnation temperatures corresponding to Mach 4 flight. With stoichio-
metric injection of ambient-temperature hydrogen fuel, an overall combustion
efficiency of about 70 percent is achieved and no significant disturbances are
generated ahead of the step. This implies high combustion efficiency should be
obtained with the combustor length provided in the scramjet engine design and
indicates no serious adverse combustor-inlet interactions should occur.

A significant end effect was observed between the step and the trailing
edge on the top wall of the fuel-injector section (which corresponds to the
underside of the vehicle in the engine module installation). In this region,
the flow pattern without fuel injection causes a local increase in mass flux.
Ignition of fuel introduced from the perpendicular injectors at the step occurs
some distance downstream of the step along the top wall of the injector section
near the trailing edge of the centerbody, but ignition occurs quite close to the
step along the bottom wall. Because of this variation in ignition delay length
from top to bottom, an increase in mass flux occurs near the top wall with fuel
injection and combustion much like that without injection. This distortion of
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the uniform flow existing upstream of the step occurs before the evenly spaced
parallel injectors which are located on the trailing edge of the centerbody and
supply most (70 percent) of the fuel added to the flow. The net result is that
an overall nonuniform fuel and test-gas distribution was created which persisted
to the exit of the combustor duct in spite of the intense mixing and chemical
reaction that occurred between the trailing edge and the exit of the combustor
duct. Increasing the temperature of the fuel supplied to the perpendicular
injectors from 300 K to 450 K caused ignition to occur closer to the step near
the top boundary; increasing the temperature reduced the extent of the end
effect between the step and trailing edge and the size of the flow distortion at
the combustor duct exit. However, for the model configuration with which heated-
fuel tests were conducted (the Mach 1.3 nozzle contour), increased reaction near
the step at the top wall led to significant pressure disturbance upstream of the
step. Thus, it appears that achieving ignition close€ to the step (i.e., along a
line of the same sweep as the step) and controlling the amount of reaction with
distance (pressure gradient) will both be required to eliminate the flow distor-
tion completely. The addition of ignition aids, tailoring the fuel injector
pattern, and/or special aerodynamic contouring may all be necessary to eliminate
this end effect without disturbing the flow upstream of the step.

From the point of view of the engine designer, tailoring the fuel-injection
distribution to match the air flow distribution created from top to bottom along
the struts by the inlet compression process will be required in any case. Also,
elimination of the end effect may not be required since it covers less than one-
third of the combustor duct exit plane which corresponds to less than 10 percent
of the engine flow cross section. The principal result of the tests presented
here is that stable combustion with reasonable efficiency and without adverse
combustor-inlet interaction appears feasible for the engine design.

Langley Research Center

National Aeronautics and Space Administration
Hampton, VA 23665

May 25, 1977
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APPENDIX

PROBE SURVEY DATA ACQUISITION AND ANALYSIS TECHNIQUE

As described in the main body of this report, combustor-~duct-exit surveys
are acquired with a nine-tube, water-cooled, pitot pressure and gas sample rake.
(See ref. 11.) 1In a typical run the probe is inserted to a preselected position
in the flow after steady test conditions have been established. With the rake
stationary, pitot pressure is recorded for 1 to 2 sec; then a gas sample is
acquired in the remaining 8 to 12 sec of the run. For the first 2 to 3 sec of
this sample interval, gas from the probe tip flows through the (initially evacu-
ated) sample bottle to a vacuum reservoir. This action is required to purge the
line from the probe to the sample bottle. Then the exit valve on the sample bot-
tle is closed, and the pressure is allowed to build up toward the pitot pressure
level existing in the stream ahead of the probe tip. The bottle inlet valve is
closed just before the run terminates. The sample bottle pressure generally
reaches about two-thirds of pitot pressure and is usually greater than 1 atm
(1 atm = 101 325 Pa).

With this sample acquisition procedure, it is likely that chemical reaction
is completed as the sample enters the probe tip. After a test, each sample bot-
tle is isolated by manual valves and is removed from the probe system; the con-
tents are analyzed by a gas chromatograph at a location remote from the test
apparatus. Details of the gas-chromatograph analysis technique are given in
reference 11.

Since the probe, line, and sample bottle are all at approximately room tem-
perature, most of the water content of the sample condenses. The chromatograph
analysis determines the relative amounts of hydrogen, oxygen, and nitrogen in
the remaining gaseous portion of the sample bottle contents. A mass balance cal-
culation is then made with each dry sample composition to determine the wet com-
position that existed in the stream at the probe tip. In this calculation the
measured flows of hydrogen, oxygen, and air supplied to the test gas burner are
assumed to mix and react completely. Thus, the nitrogen supplied in the air can
be used as an inert tracer for the test gas, and all wet sample compositions are
calculated by using the test gas oxygen-to-nitrogen atom ratio computed from the
measured oxygen and air flows supplied to the burner. The amount of water vapor
in the test gas from combustion in the burner is determined by the measured
flows to the burner. Additional water (and unburned hydrogen) is due to fuel
injected in the swept-strut injector model. It is assumed that all transport
processes are turbulent so that each sample is a mixture of test gas (whose com-
position is known from the measured flows supplied to the burner) and hydrogen
fuel injected in the test model.

Data from a single test firing are put in nondimensional form with fuel
mass fraction divided by the average fuel mass fraction (calculated from the
measured hydrogen and test-gas flow rates) and pitot pressure divided by the
test-gas burner stagnation pressure. The amount of reaction in each sample is
specified in dimensionless form by the fraction of the least available reactant
consumed. This choice of dimensionless variables is advantageous because the
exit-plane properties are assembled with data from several test firings. Small
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differences in fuel flow rate, test-gas oxygen content, and burner pressure
occur from run to run; and by choosing this particular dimensionless representa-
tion of the data, the effect of these differences on property contour maps and
integrated parameters is minimized.

Survey data at locations covering the exit plane from several test firings
are input to a computer program, created by Charles J. Schexnayder and John S.
Evans, named COPEIN (COmbustion PErformance INtegration) along with the nominal
test conditions, survey locations, exit plane geometry, etc. The first portion
of COPEIN uses a surface spline routine (described in ref. 12) to make a smooth
fit of the probe data (the dimensionless values of fuel concentration, reaction
efficiency, and pitot pressure) over the entire exit plane. The surface spline
routine makes use of the small deflection equation of an elastic plate pinned at
the data points in generating the data fit. The boundaries of the exit plane
are treated like planes of symmetry by adding as data points the values measured
closest to the boundary at an equal distance outside the boundary.

Once the data fit has been generated, three 20 x 20 arrays of values corre-
sponding to a uniformly spaced grid over the entire exit plane are established
to represent the measured data. At each of these 400 grid points all other flow
properties desired are then calculated. The flow 1s assumed to have uniform
static pressure equal to the value measured at the end of the combustor duct.
Heat loss to the test-gas burner and combustor model are subtracted uniformly
from the entire flow. With this assumption and the assumption of entirely
turbulent transport (including heat transport) in the flow, the total enthalpy
can be calculated at each point from the test-gas composition, fuel concentra-
tion, and reaction efficiency. Gas properties are computed by assuming no dis-
sociation (i.e., only water is formed as a combustion product) with real-gas
specific heats for each specie present. An iterative calculation is used to
determine velocity from the local pitot pressure and the uniform exit-plane
static pressure. As properties at each grid point are calculated, appropriate
sums for the strip integrations and overall integrations are accumulated.
Arrays of values for which contour plots are desired are also formed. The con-
tour plots are constructed by the same code which was used to make the wall
static-pressure contour plots presented in figures 5 and 7. (See ref. T7.)

A large number of trial calculations were performed with one set of probe
data to test the sensitivity of the integrated and property contour results to
possible errors in the various input parameters required for the calculation.
Perhaps surprisingly, it was found that the integrated parameters such as test-
gas and injected-fuel flows are relatively insensitive to variations in duct
exit static pressure, heat loss, test-gas composition, etec. Fairly large
changes in these input parameters produced only small changes 1in the integrated
results. More important, ratios of integrated parameters such as the overall
equivalence ratio and overall combustion efficiency appear to be essentially
independent of parameters such as duct-exit static pressure, ete. These ratios
appear to be determined almost solely by the probe survey data. Of course, as
would be expected for an integration procedure, large changes in the probe sur-
vey data in a small part of the exit plane produce only small changes in the
overall integrated result. All in all, the COPEIN integration program appears
to be an accurate and powerful tool for displaying and evaluating the detailed
flow survey data obtained from combustion experiments.
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TABLE I.- MINIMUM TEST-GAS STAGNATION TEMPERATURES FOR AUTOIGNITION

Nozzle
contour

Mach 1.7
Mach 1.3

Mach 1.3

OF FUEL FROM PERPENDICULAR INJECTORS

Burner stagnation Static-flow conditions Test-gas
conditions at step stagnation
temperature,
Pressure, Temperature, Pressure, Temperature, K
MPa K MPa K
0.8 to 0.5 1180 0.18 to 0.12 805 300
.8 1150 .34 924 300
.8 1010 .34 811 435
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TABLE II.- BURNER OPERATING CONDITIONS

f I Pt.h» Tt h» Whs Wj, ¢ Z Figure
MPa K kg/sec | kg/sec (%)
Mach 1.7 nozzle contour

0.0073 | 1.02 [ 0.836 | 964 3.52 | 0.109 1.01 |10.50 9
.0073 | 1.03 | .842 | 962 3.48 L1111 1.03 | .25 9
.0072 | 1.03 | .852 | 958 3.53 .110 1.00 | .88 | 5(c) and 9
.0074 | 1.01 .858 | 975 3.55 .113 1.00 | .63 9
.0075 {1.01 .852 | 995 3.54 |0 0 5(a)
.0075 [ 1.01 .856 | 987 3.52 .0l5 .43 5(b)
.0075 | 1.00 .845 | 993 3.46 .108 1.01 .10 | 9 and 14(a)
L0075 [ 1.01 .853 | 986 3.47 .105 .98 | .31 9

Mach 1.3 nozzle contour

0.0073 [1.02 [0.789 | 991 4.14 0.128 1.00 [0.29 10
.0072 [ 1.04 | .785 | 1001 4.10 127 1.00 | .65 10
.0073 {1.00 | .781 | 1006 4.07 .126 1.00 | .79 | 10 and 14(b)
.0074 [1.02 | .783 | 1016 4.05 .123 .99 | .43 10
.0072 | 1.01 .788 | 996 4,10 .125 .99 .14 1 7(e) and 10
.0072 [ 1.04 | .780 | 1005 4.05 .125 1.00 | .93 10
.0076 [1.04 | .752 | 1035 3.96 |0 0 7(a)
.0075 |1.00 | .781 [ 1029 | k.07 ou2 | T35 7(b)
.0073 | 1.01 | .793 | 1004 4.06 .133 | T1.09 | .50 | 7(d) and 11
.0074 | .97 | .793 | 1020 | 4.05 126 [t1.03 | .39 11
.0074 | .99 | .786 | 1020 | 4.06 127 (Ti.ou | .28 11

*5 = w;/wWy/0.03; fuel split, 30-percent perpendicular injection
and TO-percent parallel injection.
tHeated fuel runs, Tt,j = U450 K for perpendicular injection; all

other runs, Tt,j = 300 K.
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TABLE III.- COMPARISON OF COMBUSTOR EXIT-FLOW PROPERTIES

Mach 1.7 nozzle contour

Mach 1.3 nozzle contour

Parameter ‘
Bulk or Survey One- Bulk or Survey Heated-fuel One-
measured integration dimensional measured| integration survey dimensional
calculation integration calculation

f 0.007 49,007 ap.007 0.007 ap.007 40.007 49.007
I .. .. 1.0 a1.0 a1.0 1.0 a1.0 a1.0 a1.0
Pt h» MPa 0.827 a0.827 0.793 40.793
Tt ny K . 9u1 aghq 973 ag73
W, kg/sec . 3.47 3.29 ag 4t 4,18 3.98 3.83 ay,18
Wi, kg/sec . 0.102 0.0903 0.123 0.117 0.120

e e 1.0 0.91 a0.91 1.0 0.97 1.01 . 8p.97
Q, MJ/sec by, 25 ag.25 0.25 bp.3 ag.3 0.3 0.3
Ne - 0.76 0.71 0.7 0.7 0.67
Nm - 0.77 1.0 0.77 0.82 1.0
Ep . . 0.98 1.0 0.93 0.95 1.0
F/w, m/sec . 1774 1825 1856 1976 1838
H, MJ/kg . 5.201 5.180 5.438 5.807 5.453
M ... 1.56 1.70
K . 0.91 0.81
Ce . a40.002 80,002

@Input in data reduction.

bEstimated.
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Figure 5.- Dimensionless wall pressure pattern P/Pt,h for Mach 1.7
nozzle contour.
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nozzle contour.



LE

+ Perpendicular injector
H High value
L Low value

Flow

Nozzle exit

Step Trailing edge
(b) Perpendicular injection; 5 = 0.35; contours at 0.02 intervals.

Figure 7.- Continued.

]



A3

— Perpendicular injector

H High value

L Low value

Flow

Nozzle exit \

Step

(¢) Fuel split, 30-percent perpendicular and 70-percent parallel; ¢ = 0.99;
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Figure 7.- Continued.
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Figure 7.- Concluded.
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Figure 9.- Surveys of the exit plane of the combustor duct for Mach 1.7
nozzle contour; ¢ = 1.
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Figure 9.- Continued.
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Figure 9.- Continued.
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Figure 9.- Continued.
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(f) Stagnation temperature.

Figure 9.- Concluded.
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Figure 10.- Surveys of the exit plane of the combustor duct for Mach 1.3
nozzle contour; ¢ = 1.
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Figure 10.- Continued.
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(f) Stagnation temperature.

Figure 10.- Concluded.
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Figure 11.- Surveys of the exit plane of the combustor duct for Mach 1.3_nozzle
contour with 450 K heated fuel supplied to perpendicular injectors; ¢ = 1.
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Figure 11.- Continued.
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Figure 11.- Continued.
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Figure 12.- Strip integrations.
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Figure 12.- Continued.
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Figure 13.- Calculated flow with no fuel injection.
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Figure 13.- Continued.
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